chapter 12

Space Nuclear Propulsion

MAXWELL W. HUNTER, II
NATIONAL AERONAUTICS AND SPACE COUNCIL

Introduction

The unsual approach to building a nuelear rocket is to use a nuclear
reactor to heat a propellant, which is then exhausted rearward to give
useful thrust. A generalization of the performance available by this
procedure is shown in Fig. 12-1, where the specific impulse achievable is
given as a funetion of the ratio of hydrogen propellant exhausted to
uranium fuel burned. Specific impulse is defined as the ratio of pounds
of thrust obtained to pounds per second of fuel and propellant consumed.
Thus, a high specific impulse indicates low fuel consumption, an extremely
desirable property. If very little hydrogen propellant were used, i.e., if
the rocket were run on fissioning uranium only, very high specific impulses
(over 1 million see) would be achieved. Under these circumstances, how-
ever, not only is the price of fuel and propellant prohibitively high, but
the operating temperatures become hundreds of millions of degrees.  The
temperature problems at that level are at present unsolved. If the oper-
ating temperature is reduced to that value which permits the operation
of a solid reactor within the thrust chamber, then the specific impulse
tends to be limited to perhaps 1,000 sec. In this region, several million
pounds of hydrogen are utilized for every pound of uranium fuel actually
burned. Between these two extremes lies a region of great current
interest. If we could sustain the nuelear reaction in a gas, we could
operate at temperatures beyond the solid-core limitations. If we try to
reach specific impulses as high as 10,000 or 20,000 sec, the temperatures
recuired are in the 20,000 to 50,000°I" region.  Although this is extremely
hot, it is still three or more orders of magnitude less than the tempera-
tures required for thermonuclear fusion. It is thus an interesting ques-
tion as to whether or not we could obtain vastly increased space-engine
performance by learning to build gaseous-fission engines, which, although
hot. do not involve the extremely high temperatures of fusion.
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Fig. 12-1 Fission-reactor specific impulse,

It is possible to get an estimate of fuel cost directly from Fig, 12-1.
This is done in IMig. 12-2 for different values of uranium containment
under the assumption that hydrogen costs 25 cents per pound and ura-
nium £5,000 per pound. It can be seen that, with perfeet containment,
the cost remains very low until about 10,000 see specifie impulse, after
which it rises steeply. Containment is a particularly diffieult problem
in gaseous-fission systems, however, and separation ratios (the ratio of
unburned fuel to propellant in the exhaust) of greater than 10-* eanse the
cost of fuel plus propellant to inerease greatly.

Figures 12-1 and 12-2 are relatively fundamental and form the hasis
for much of the rest of the discussion. Ifirst solid-core nuclear-rocket
possibilities, then the gasecous-fission region will be examined. The
missions which ean be flown with such engines will be considered, and
some speculation on the utility of nuclear eleetric rockets will he pre-
sented.  Most of the concepts presented are explained more fully in
Refs. 1 to 6.
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12-1 Solid-core-fission Rockets

An artist’s sketeh of a solid-core nuclear rocket is shown in Fig. 12-3.
Hydrogen flows into the nozzle wall and through the reflector, cooling
hoth, then through the reactor core, where it is heated, and finally out
of the nozzle. A limitation occurs in specific impulse with this system,
hecause of the fact that high temperatures are required to get high specific
impulse, and the reactor must be hotter than the propellant in order to
transfer heat to it. This limitation cannot be removed by the use of
ablating insulation, such as has been used to solve reentry heat prob-
lems, for in this case the problem is, not to protect the reactor from heat,
but to transfer heat from the reactor to the propellant. Iigure 12-4 is
an expansion of Ilig. 12-1 in the region of interest in reference to solid-
core nuclear rockets. If we take the highest solid-material temperature
Imown at the moment, the specific impulse of solid-core rockets could be
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improved to somewhat beyond 1,000 see.  Beyond this, we ean conceive
ol a rocket with uranium fuel contained in liquid form as a next step.
Note, however, that there is not a great deal of difference between the
highest known melting temperature of a solid and the highest known
boiling temperature of a liquid. Thus, only a small region of operation
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Fig. 12-3 Solid-core reactor. (Graphite.)
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is available to the liquid-core system that would not be available to solid
cores.  Beyond the liquid region, it is necessary to have the reacting fuel
in the gaseous state, and it would seem that research should be concen-
trated there rather than in the liquid region. Although this is a logical
conclusion, it could be invalidated if it should turn out to be difficult to
make solid reactors in the higher temperature region. Then the liquid
system might obtain almost a doubling of performance over the current
solid systems, which might be worthwhile for some missions.

Figure 12-5 shows the variation of specific impulse as a function of
chamber temperature up to 15,000°R. In addition to simply increasing
the temperature, other possibilities for improving performance are indi-
cated. The !y ¢ corresponds to low chamber pressures at which the
situation can be improved if dissociation of hydrogen occurs. Inergy is
delivered to the propellant stream by dissociating molecules rather than
by raising the temperature. If no recombination occurs in the nozzle,
the improvement comes about because of the lower molecular weight of
the dissociated hydrogen stream. If, furthermore, the nozzle design is
such that recombination oceurs, energy is released in the nozzle with
consequent improvement in the performance in a manner similar to after-
burning in a jet engine. This may require long nozzles, with consequent
weight penalties. Dissociation is a function both of temperature and
of operating pressure, increasing with higher temperatures and lower
pressures,

Obviously, development of reactor and nozzle designs to promote dis-

-
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sociation and recombination is a fertile field for investigation. It ean be
secn that if the carbide reactor could be developed, and in addition some
of the previously mentioned improvements obtained, speeifie impulses in
the vieinity of 1,300 to 2,000 would be feasible.

12-2 Gaseous-fission Rockets

Figure 12-6 is an artist’s sketch of a possible gaseous-fission reactor.
Until recently it was difficult to envision a means for making such reactors
feasible. Mlost of the earlier ideas for ways of utilizing gaseous-fission
cavity reactors for propulsion involved diffusion of the propellant through
the gaseous fuel so that heating occurred by direct conduction and convee-
tion. It was then necessary to separate the two gases and, it was hoped,
retain virtually all the fuel on board while all the propellant was exhausted.
Hydrogen was normally assumed as propellant, since low temperatures
are always comforting, even in non-temperature-limited cases. Schemes
such as magnetic-field containment or the use of centrifugal separation in
some form of vortex were considered. The weight of the magnetic equip-
ment was, as always, a problem, and the details of vortex stability and
containment with any substantial diffusion rate have remained vexing.

Another family of systems has originated from these investigations.
Although deceptively similar in appearance, they operate on a basically
different principle. These are systems which heat the propellant by
means of radiation from the fissioning plasma, rather than by direct
intermixing. The containment problem, therefore, is not one of separa-
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Fig. 12-6 Cavity reactor. (Gaseous vortex.)
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tion but rather one of the prevention of mixing-—a fundamentally different
containment problem. Vortex-stabilization eriteria will certainly differ
when hydrogen is not diffusing through the core.  If magnetic forees are
used in any of the schemes, they become of the intensity required to
prevent houndary-layer mixing, almost obviously a much smaller field
requirement than that for containment of a fission plasma in the face of
hydrogen diffusion. .\ eoaxial-flow reactor has been suggested where a
central, slow-moving stream of fission fuel heats an annular, fast-moving
stream of hydrogen solely by radiation, with separation obtained by veloe-
ity differential (Ref. 7). A scheme has even been suggested, in the form
of the “glow-plug” reactor, whereby the fission plasma is contained in a
quartz bottle (or one of similar material) (Ref. 8). It is possible to cool
the bottle to reasonable temperatures while the propellant is still heated
to high temperature by radiation, if the bottle transmits most of the
radiant energy. This system would yield perfect containment and the
idea is henece a very exciting one.  New proposals are numerous in the
gaseous-fission-reactor field, and an attempt will be made to catalogue
the limitations and capabilities of some of these schemes.

Iven if perfect containment, cither with some new vortex configuration
or with a glow-plug coneept, were obtained, the problem of handling the
energies involved still would tend to limit engine performance seriously,
as previously indicated. The portions of the rocket system whieh must
remain solid would have to be cooled in some way, even though no
fission-energy release takes place there. These thermal balances have
been treated in generalized fashion by Meghreblian (Refs. 9, 10).  The
thermal loads are intense and are determined by whether or not any
fissioning takes place in the solid material, by the fraction of energy
appearing in nuclear radiations which will heat the solid surfaces, and by
the question of whether the hydrogen propellant is transparent or opaque
to thermal radiation. If the solid surfaces are cooled by regenerative
cooling only, there is a limit to the amount of cooling capacity in the
propellant at the temperature of the solid elements and therefore there isa
limit to the amount of specific impulse achievable with regenerative
cooling.  Fven if no thermal load is radiated to the structure from the gas
stream, the nuclear radiation tends to limit the specific impulse to about
three times that obtainable with a solid core reactor. The actual limit
is shown in Fig. 12-7 related to the fraction of energy released (¢) which
must be regeneratively removed by propellant. In Meghreblian’s work
this fraction is assumed to be 10 per cent, but it is a strong factor, and the
possibility of going to smaller fractions by means of thinner reflectors
and,/or relatively gamma-transparent shells should not be neglected.
Only the neutrons must be reflected, and hence their energy abs=orbed in
the reflector, in order to contribute to reactor eriticality. It is logical to
halance the neutron-reflective properties of materials with their relative
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gamma fransparencies and thermal cooling properties to give optimum
reflectors for these applications. The use of a deliberately thinner
reflector would require a modest increase in nuclear-fuel invéntnry for
criticality but would yield both higher thrust-weight ratio and higher hasie
performance. Any fission products which escape in the exhaust no longer
contribute their share of nuclear radiation, again yielding inereases in
performance. As indicated previously, this is very likely to oceur in
gaseous-fission systems. These latter two effects are illustrated in
I'ig. 12-8,

If engine performance is extended beyond the values achievable with
regenerative cooling, a radiator must be added to reject the excess heat
and the thrust-weight ratio immediately suffers as a result of radiator
weight. This tends to be a severe penalty, since the desirable specifie
impulse is of the order of 10 or 20 times that achievable in a solid-core
reactor, and, consequently, huge quantities of energy must be rejected
through the radiator system. The specific-impulse ratio achievable for
the case of all fission occurring in the gaseous phase (f = 0), both for the
case of no thermal radiation from the gas (8, = 0) and for the case of
{'epresentative values of thermal radiation from an opaque gas, is shown
in Fig. 12-9, reproduced from Ref. 10. The opaque-gas assumption is
appropriate to systems where the propellant is heated by radiation rather
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than diffusion. The radiator power fraction (y) is the energy which
must be rejected from the radiator system compared with that handled
by regenerative cooling. It can be seen that this value must I)e. 10 to l{?O
if specific-impulse improvements of 10 to 20 times that achievable in
solid-core reactors are to be generated. ’

Attempts have been made by various authors to estimate t,ll{:! thrust-
weight ratio achievable with such systems. A typicfml m.(mnple is shnow’n
in Fig. 12-10 as the lowest curve (Ref. 9). Spemﬁc-l‘mpuisc ratio is
defined as the ratio of specifie impulse to that achieved if the propellant
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operated at the temperature assumed for the solid portions of the
reactor.  This curve clearly indicates that very low thrust-weight ratios
are to be expected. Two justified changes in assumptions for this curve
yield startling results, however. The eurve presented assumed a thrust-
weight ratio of about 1 to be achievable with a solid-core system and also
assumed a radiator temperature of 1000°K. A value of “Rover-equiv-
alent” thrust-weight ratio of 5 was used for the remaining curves of Fig.
12-10.  Although this value can be assumed as high as 20, such estimates
make no allowance for pump weights or pressure shells (Ref, 11). Such
items were considered in the analyses of Ref. 12, and the assumptions
used here amount to adjusting the generalized expressions of Ref. 9 to
match the more elaborate single point of Ref, 12,

Changing the Rover-equivalent thrust-weight ratio to 5 still indicates
very low thrust-weight ratios at high specific-impulse values, as shown in
the next-to-lowest eurve in Fig. 12-10. .\ review of radiator assumptions
was therefore thought to be in order.  All analyses of radiator configura-
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tions for nuclear propulsion known to the author have centered in the
requirements for nuelear eleetrie systems for either propulsion or anxiliary
power. In at least two respeets these requirements are totally different
from those for gaseous-fission rockets,  The first point is that nuclear
electrie svstems must be designed for long operating times (of the order of
vears) so that sueh problems as meteoroid penetration of the radiator
surface must be considered in terms of long-time probabilities,  This
point strongly influences radiator weight. A high-thrust gaseous-fission
system would operate for periods of only minutes at a time, and therefore
an investigation of short-life radiators is pertinent. It is true that the
radiator must survive for the total flight duration, not simply the engine-
burning period, since the engine must be used for braking at the terminal,
However, total flight times will be much shorter than for electrical sys-
tems, the radiators might be protected while not radiating, and the loss
of a radiator segment would not be very erippling to mission performance.
Second, and considerably more important, the radiator temperature of
the gaseous-fission system can be as high as it is possible to build radiators,
In a nuclear electric svstem, a balance must be struck between the effi-
ciency of the conversion process, which requires the rejection of heat at a
low temperature, and the deerease of radiator weight, which, in general,
occurs at high temperature. As a result, radiators usually want to
operate at a temperature on the order of three-quarters of the maximum
evele temperature, and the maximum eyele temperature is determined by
the ability of either rotating machinery or thermionie systems to operate
for periods of years at this maximum temperature.  Therefore, radiators
for gaseous-fission-rocket cooling systems should be operated at much
higher temperatures than those for nuclear electrie systems and might be
easier to design because of the vastly shorter operating time requirements,

The upper curves of IFig. 12-10 compare the thrust-weight ratios of
systems with radiators of 1,000, 2,000, and 3,000°KK temperature and,
for comparison, a zero area ease (Tx — =). The radiator weight per
nnit area may well inerease stepwise as temperatures inerease because of
the need to utilize different materials (which are usually heavier) at
higher temperatures. .\ constant value was assumed here, and although
Ref. 11 used a 5-psf radiator-system weight, the value of 1 psf of Ref. 9 is
felt more appropriate in the light of the short operating times. 1t can be
seen that, even at specifiec-impulse ratios of 20, a thrust-weight ratio of
over 1 is achievable with only a 2000°IX (3140°I°) radiator temperature.
Thus, if the radiator loop were operated in the same temperature region
as the primary heat-exchanger loops being considered for advanced power
systems, high thrust-weight ratios result for gaseous-fission rockets.
Clearly, special radiator designs appropriate for gaseous-fission reactors
should be the subject of intensive investigation.

The thermal load deposited in the structure from the gas stream is
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Fig. 12-11 Effect of thermal-radiation load to solid elements,

strongly dependent upon whether the gas is transparent or opaque to
thermal radiation. Since only systems which transmit energy fm{m the
Em_clf'ur Q]asma to the propellant by radiation are being considered here
it 1s implied that virtually all such radiation is absorbed in the gas st.rt'mﬁ‘
fmd, (Emmeqnently, the opaque-gas assumption is logical. The (I'll'rst-.t of
mc[usm.n cff thermal loads is shown in Fig. 12-11.  The assumed \".'J,Ilultl- of
the radiation parameter 3, of 10-2 is representative of a gasmus-liqq.inn
sy.istt‘m which has all fissioning plasma elements at least t.\\"n f]];fl.il"{l|
thicknesses within the propellant mass. It can be seen that. althoueh
thel'fna[ radiation becomes inereasingly important at Ial'ge'\'nlnm :lf
specific impulse, thrust-weight ratios of about 1 are still poss:ih.lo Hn'mllgh-
m:'t‘t:ho regions of interest for interplanetary transportation. h

.llm propulsion-system thrust-weight ratios of IMigs. 12-10 and 12-11 are
still somewhat tentative. Iiven though these curves are approximate, it
fl()es: appear firm that high-temperature radiators are fundmnr‘nt:i'llv
mportant.  The thrust-weight ratio will decrease at the higher Hp(‘l‘ifi‘l’
impulses, }‘mt perhaps not <o much as indicated, owing to two strong
cm.npnnsat-mg effects not included. These are the decrease in pm:rﬁ
weight due to the lower fuel-flow rates required at high specific impulses
and 'thr- decrease in reactor size due to the smaller 1’:1(]i:1nf-plzislua :|I:-(-I:{
required to generate the necessary power at high temperatures. Unless
these nfTe(:ts cause the thrust-weight ratio to become almost independent
of s.pe(:lﬁr: impulse, however, there will be an interest in multiple-use
engines which carry both the radiator required for high specific impulse
and the pumps required for higher thrust at low specifie impulse.  Sueh
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ships can then take off on the high-thrust mode and switeh to the high-
specific-impulse mode after orbital speed is attained.  One example of
the effect of earrying such extra radiator area, compared with designing
an optimum engine for each specifie impulse, is shown in Iig. 12-12, It is
practical to consider such two-phase engines. A sidelight of the use of
thermal radiation from a fissioning plasma is that the throttling of such
rockets may involve unusual design techniques, since the power per unit
plasma radiant area is constant at a given temperature, and henee some
area must be removed from effective radiation in order to throttle at a
constant specific impulse. .

One other interesting fact arices from the gaseous-fission thrust-weight
values presented. It is normally considered that such rockets would
use hydrogen as a propellant. As long as radiators could not be used to
improve gaseous-fission-reactor specific impulse beeause of their weight,
it was still important to use hydrogen, both because of the relatively high
specifie impulse it provides for a given structural temperature and also
heeause of the high heat eapacity and, thervefore, degree of regencrative
cooling which it permits for a given structural temperature. It is clear
that these restrictions do not apply to systems employing high-tempera-
ture radiators. It is thus interesting to look at more suitable propellants
from the point of view of cost, density, and space storability.

Many substances come to mind, such as diborane, ammonia, or, the
most convenient of all, water. Availability on other planets might well
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Fig. 12-13  Engine performance for hydrogen and water propellants.

become the single governing item on propellant selection. The perform-
ance of a gaseous-fission reactor operating on water, compared with oper-
ating on hydrogen, is shown approximately in Fig. 12-13. This curve
does not utilize an accurate estimate of enthalpy of water at high tem-
peratures but is probably a lower limit, since complicated dissociation
modes at high temperatures were ignored. In addition, allowance was
not made for the fact that water pumps would be of considerablyv lighter
weight than hydrogen pumps for these systems. It is clear that the water
rocket should be actively pursued.

12-3  Shielding

The weight of shielding required to protect any space vehicle and its
occupants from both natural radiation and the radiation produced by the
reactor is an important design consideration. It will not be diseussed in
d.otail here, since shielding for natural radiation is covered in other por-
tions of this volume. However, one point coneerning radiation from the
?‘mctnr is of fundamental interest. It would seem intuitively that shicld-
ing weights for a nuclear space vehicle would be entirely p;‘nhihit-ivv, in
view of the fact that shielding weights have been one of the major proh-
lems of the nuclear-aireraft program.  Figure 12-14 illustrates the perti-
nent facts involved. Although the reactor power of the aireraft s
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Characteristic 1 Rocket/aireraft
Gross weight 141
e § Crew doseg 11
Reoctor power 250/1
200+ Power times time 1/4
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Shield weight/gross weight 1/10

Fig. 12-11  Nuclear-vehicle-shielding comparison.

-everal hundred times lower than that of the spaceship, shielding \\:oi,(._{ht
i< a funetion of power times operating time. The purpose in I)mldfng
nielear aireraft is to obtain long-duration flights so that the operating
time is days or weeks. The nuelear spaceship, however, uses its main
prnpulsionh system for perhaps only 10 min at the huginn.ing anf] end of
each voyage. If we compare typical values of power times time, the
nueclear spaceship is characterized by a value only m_uz-qua.rt-m' of that
{or the aireraft. Furthermore, the airplane by definition must fﬂways
nperate in the Iarth’s atmosphere and hence is continually sr‘ll{]ect to
the radiation scattered back from the Earth’s atmosphere. 'l Im.: sc.at--
tered radiation accounts for the largest contribution to the shielding
weight,  The spaceship, on the other hand, c]imhs:: quiclfly out of the
atmosphere, Ilstimates of the equivalent power times time that each
deviee would experience operating at sea level (a measure of the total
<cattered radiation) indicate a factor of 25 in favor (.)f the 1.1uclnar space-
<hip. It is not surprising, therefore, that the shielding weights required
for the nuelear spaceship are an order of magnitude smaller than tlmse. f.or
nuelear aireraft.  Further reductions in shielding can be made by Utlll?-
ing such items as eargo, food, the life-support system, and propellant in
the tanks as shielding material (Refs. 13, 14).

12-4 Earth-orbital Missions

The missions possible with nuclear rockets will be exammcd' by st'artmg
with the lowest-energy mission, namely, merely placing objects in low
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larth orbit.  The total impulsive veloeity required to place objects in
low Farth orbit, with appropriate allowance for drag and gravity losses,
is of the order of 30,000 fps. Since this chapter will be dealing with
very high-energy propulsion systems, however, a total impulsive velocity
of 60,000 fps, enough to permit reentry and landing by rocket retro thrust
only, will also be considered,

The propellant to launch gross-weight ratios required for single-stage
vehicles for the two values of impulsive veloeity mentioned are shown as
a function of specific impulse in Fig. 12-15.

[t can be seen from Fig. 12-15 that the amount of fuel which must be
used, even when reentry is done completely by rocket braking, is a
remarkably low value at high specific impulses. The fuel load actually
can be lower than that currently carried by transcontinental jet-transport
aireraft.  Although this seems startling, the energy requirements are not
really much different. If one assumes a jet transport to be cruising for
6 hrat an L/D of 12, this means that the engines were applying one-
twelfth the weight of the airplane for the 6-hr period. I this eould have
been applied in field-free space, the vehicle would have aceelerated i ¢
for 6 hr and would have generated 18,000 fps, essentially the maximum
total velocity considered here. Thus normal cruising aireraft utilize the
same order of magnitude of energy as required for a modest space trans-
port system, essentially because such aireraft fight gravity incessantly
during their whole flight. In space operations, high-thrust rockets fight
gravity quickly and efficiently in the early part of their flight and coast
afterward. Space flight is expensive, therefore, not because the energy
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required is high, but beeause no way has vet been found to package and
utilize these energies out in space.

Ounly the nuelear rocket achieves high enough exhaust velocity to
create the necessary performance in a single-stage vehicle and can even
reduee fuel-load requirements to the same magnitude as those of con-
ventional transport aireraft.  The key to achieving low-cost operations,
then, is the design use of the large weight fractions available to achieve
the best trade-off between the payload delivered to orbit and the strue-
tural weights devoted to enhancing long life, minimum cost of refurbish-
ment, and convenience of operation. It is possible to take the basie
nuelear-rocket data of Figs. 12-1 and 12-2 and combine these with hoth
mission-performance requirements and estimates of the cost of hardware
to make an overall estimate of the direct operating cost of a space trans-
port (Refs. 4, 6).  Many different assumptions are possible with respect
to launch reliability of vehicles, reliability of recovery, cost of refurbish-
ment, and vehicle total life.  In order to delineate the highest potential
of nuelear propulsion, the assumptions used in the remainder of this dis-
cussion are that single-stage space vehicles will be as reliable (both upon
launch and return), will be as easy to maintain, and will have the essen-
tially zero refurbishment costs of jet-transport airplanes. These are felt
to be extreme assumptions by the missile-development community, but
they are not necessarily extreme if a truly adequate space engine were to
make its appearance and, consequently, the weight fractions of Iig. 12-15
hecame available,

12-5 Lunar Missions

(‘argo costs for a round-trip lunar mission are shown in Fig. 12-16, drawn
for two different values of impulsive velocity both with and without aero-
dynamic braking on return to Farth. Two values of re-use, 100 and
1,000 times, are indicated. The vehicles are designed to carry propellant
for the complete lunar round trip with no lunar refueling. The cost
applies to the entire flight. Operation at specific impulses as low as 800
see are shown to be feasible, although payload costs are somewhat high,
on the order of 230 per pound. For specific impulses in the 1,500-sec
region payload costs may be as low as &1 per pound. The rapid decrease
in the cost curves between 800- and 1,500-sec specific impulse is one illus-
tration of a case where the development of a liquid-core reactor might be
justified, because of lower operating costs on this mission, if undue trouble
were experienced in developing either high-performance solid-core or
gaseous-fission reactors,

The theoretical indication of eargo costs as low as &1 per pound has
very strong implications for the future of space operations. Only a few
vears ago, it was stated that, even if one diseovered pure diamonds on
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{t;]‘l:}n.\[;)::l:,hltf“ m;”d ta,lways h.r: too expensivrf to return them to Iarth
(“;ti“::;tp s e ”.l-" amentally high energy requirements. It is difficult to
(;-"'-?r ] 1;1illli(;1p](;c?g of a pf.llllfd of dmm(?nds, but, in general, somewhat
‘ 1llion dollars is reasonable, Therefore, not only diamonds at
over I million dollars per pound, but uranium at 5,000 dﬂ]iars per pound,

gold at 500 dollars per pound, and much modern equipment at current

market prices could he brought from the Moon at a profit.  If we enn
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achieve such low costs, we must drastically revise our thoughts on the
nature and magnitude of future space operations.

[t is possible to extend the estimation of costs into the area of passenger
transport.  Figure 12-17 <hows the results of the application of such an
analysis to a lunar round trip. The analysis has included time-dependent
funetions such as pilot costs, stewardess costs, and food supplies, in addi-
tion to basie propulsive costs. Curves are shown for re-use of 100 and
1,000 times. Operations can be seen to be feasible, although the cost is
high when speeilie impulses under 1,000 and no aerodynamie braking are
used.  These direct operating costs drop to as low as £500 per passen-
ger for lunar travel. The direet operating cost is not to be confused
with actual ticket prices, which require the addition of indirect costs.
Although the indireet costs probably would not exceed those character-
istic of eurrent airline practice, the actual amount to be added for such
a mission is obscure.

12-6 Near-planet Missions

The velocity requirements for minimum flight times to the various planets
are shown in Iig. 12-18.  Travel between Isarth and Mars is concentrated
upon in the following examples, as it explains all the features of travel to
other places. It is assumed that a really good transport system must
involve relatively short flight times; otherwise, the equipment is tied up
too long in transit, the cost of sustaining passengers mounts, and the
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Fig. 12-18 Earth-to-other-planets ballistic transfer,
minimum flight times for interorbital transfer.
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g.encral overall inconvenience of the system becomes great. The con-
t,l.nual development of terrestrial transportation systems to higher ;uul
higher speed regions exemplifies this point. If the Mars operation were
performed at minimum energy, the flight time would be 9 months each
way; furthermore, the operation can be performed only once ('\'m"v
780 days. This is no way to run a railroad! o

.If. veloeity capabilities of the order of 100,000 fps were available, the
minimum flight time to Mars would be of the order of a mfmtﬁ, \\'hi;th is
a much more acceptable value,  Actually a total of 200,000 fps is required
for 1 month because of braking requirements of Mars. At the latter
total .speed an exploration to Pluto requires about 5 years each way, =0
that if this velocity capability is ever achieved, dvn[i%p:mn CX]')]!)I‘!;.'-'iUII
could be conducted with this class of vehicle.

Consideration of minimum flight times to the plauets, however, reveals
only part of the story. Since it would be desirable to conduct op,r‘miinns
throughout the vear, year-round flight capabilities are of interest.  1Mig-
ure ]?-19 shows the transfer time to Mars as a function of launch date
for different velocity requirements. The eyele repeats itself every 780
days, as previously mentioned. The velocity shown on this curve .is the
total velocity requirement for a one-way operation, including both
Eake-nf‘f from Earth and landing at Mars. With speeds of the order of
70,000 or 80,000 fps fairly reasonable exploration ean be conducted, since
one-way travel times are only about 4 to 6 months. Speeds between
150,000 and 300,000 fps are required to achieve fairlv respeetable venr-



